An approach to design an aircraft wing with morphing capabilities employing aeroelastic tailoring is presented. Morphing capabilities are achieved by passive actuation, that is the aircraft wing will adapt itself to improve its performance during the designed flight conditions. The approach consists of an aeroelastic steady-state scheme with aero-structure coupling embedded within a global optimisation. The global optimisation is divided into two levels. At the first level, Mathematical Programming (MP) is used to optimise the wing under structural and aerodynamic constraints. Wing-box panels (skins and spars) are modelled using lamination parameters accounting for their anisotropy. Panels are assumed to be symmetric or mid-plane symmetric laminates with 0, 90, 45 or -45 degree ply angles. Each of the wing-box panels is subjected to a combined in-plane loading under strength, buckling and practical design constraints. At the second level, the actual lay-ups of the wingbox panels are obtained using a Genetic Algorithm (GA), accounting for manufacture and design practices. 
I. Introduction
he aerospace industry is increasingly exploring the use of morphing concepts to enhance aircraft performance and adaptability 1 . Morphing features such as adaptability to specific flight condition or mission segments could bring major benefits. For example, an aircraft wing that adapts itself to an optimum or nearly optimum configuration, reducing drag while maintaining lift effectiveness during flight, could improve fuel consumption and increase range. Aeroelastic tailoring [2] [3] [4] [5] [6] [7] [8] [9] alone or combined with structural optimisation allows structures to be designed more efficiently to meet structural or aircraft performance requirements 10 . However, the design of such morphing concepts requires the consideration of aerodynamic-structure coupling [11] [12] [13] [14] [15] [16] , within the design loop.
Morphing designs can also benefit from the use of composite materials. Composite materials have the potential to be stiffness tailored, which fits in well with the purpose of aeroelastic tailoring. Composites can show anisotropic properties or elastic coupling terms. Two common types of anisotropy are membrane and flexural. Membrane and flexural anisotropy are mainly related to unbalanced or off axis laminates. Flexural anisotropy is influenced by the laminate stacking sequence, whereas membrane anisotropy is affected by the laminate volume fractions or ply percentages content. For instance, if flexural anisotropy is neglected in buckling analysis, buckling load factors can be unconservative [17] [18] . Designing for elastic tailoring is characterised by the use of the composite anisotropy to improve composite structural performance [19] [20] [21] . For example, a composite plate with flexural anisotropy (that is bend-twist coupling terms) under bending loads will twist. References 22-25 provide a set of guidelines to design composite wings or flaps with bend-twist coupling. However, due to practical, manufacturing considerations, composites have been restricted to symmetric or mid-plane symmetric laminates with 0, 90, 45 and -45 degree ply angles.
T
Over the years, local and global optimisation techniques have been developed for composite design [26] [27] [28] [29] [30] [31] [32] [33] [34] [35] [36] [37] [38] [39] [40] . Local optimisations have concentrated on the specific components or part subassemblies of an aircraft structure [26] [27] [28] [29] [30] [31] [32] [33] [34] [35] [36] [37] [38] [28] [29] . On the other hand, global optimisations have addressed the wing as a whole accounting for the interaction between components. Several methods have been proposed from single to multilevel approach, accounting for aero-structure interaction having high fidelity models (e.g. Ref. 12) , characterising the wing as a beam and approximating the aerodynamics (e.g. Ref. 16) , and so on. However, existing studies have limited use of aero-structure coupling, practical design rules, anisotropy in the laminated composites and structural sizing constraints.
The aim of this paper is to provide a method to design an aircraft wing of laminated composites that possesses morphing capabilities employing aeroelastic tailoring. Morphing capabilities are achieved by passive actuation. That implies that the aircraft wing will adapt itself to improve its performance during the designed flight conditions. The approach consists of an aeroelastic steady-state scheme with aero-structure coupling embedded within a global optimisation. The global optimisation is divided into two levels. At the first level, MP is used to optimise the wing under structural and aerodynamic constraints. The wing-box panels (skins and spars) are modelled using lamination parameters accounting for their anisotropy. The panels are assumed to be symmetric or mid-plane symmetric laminates with 0, 90, 45 or -45 degree ply angles. Each of the wing-box panels is subjected to a combined in-plane loading under strength, buckling and practical design constraints. At the second level, the actual lay-ups of the wingbox panels are obtained using a GA, accounting for manufacture and design practices. The novelty of the present work lies in: the use of an aeroelastic steady-state scheme with aero-structure coupling embedded within a two level global optimisation, which accounts for composite material anisotropy, lift and induced drag variations as well as internal load redistribution under structural and aerodynamic constraints.
II. Wing geometry, structure and component loading
A swept back wing configuration as shown in Fig. 1 is considered. The wing structure is divided into the WingBox (WB), the Leading and Trailing Edge (LE & TE) and the ribs. The wing-box structure comprises the skin (top and bottom) and the spars (front and rear). Each of these substructures consists of several components or unstiffened panels. This study concentrates on the wing-box structure which has a predetermined layout. The wing-box is assumed to be subdivided into five rib bays, with the skin and spar panels having different properties in each bay. The skin and spar panels, due to aerodynamic forces, experience a combined loading; however it is assumed that this loading will be mainly membrane in nature. For analysis purposes and simplicity, it is also assumed that the skin and spar panels are flat and can be represented as rectangular plates with simply supported conditions along the interface with the adjacent panels. Figure 3 shows the material axis and positive sign convention for the applied loading for each of the wing-box panels. 
III. Aerodynamic loading
An aeroelastic steady-state response technique as shown in Fig. 3 is employed to calculate the aerodynamic loads. From initial flight conditions and wing geometry an aerodynamic mesh is produced. PANAIR 41 is then used to compute the aerodynamic pressure loads. The aerodynamic pressure loads are subsequently converted into nodal loads to be applied to an FE model. The structural and aerodynamic meshes share the same characteristics. The material properties together with the structural mesh and nodal loads are used to generate the FE model of the wing. FE analysis is then carried out using MD NASTRAN 42 to obtain the structure deformation. Figure 4 shows the FE mesh with the boundary conditions for the wing structure. Displacements at the grid positions are registered. The scheme is iterative and for each iteration the geometric distance of the grid positions is evaluated. The process terminates when the difference of the geometric distance between iterations is less than a specified tolerance. A relaxation factor is used to achieve numerical stability. 
IV. Laminate constitutive equations
The Classical Laminate Theory (CLT) 43 is applied to the wing-box panels (skins and spars) assuming laminates are symmetric or mid-plane symmetric. Thus,
The membrane and bending stiffness properties can be expressed in terms of material stiffness invariants (U) and eight lamination parameters (ξ) (e.g. Ref. 30 ). In addition, plies are considered orthotropic and laminated with fibre angles restricted to 0, 90, 45, and -45 degrees. As a result, lamination parameters are further reduced to six. The membrane and bending stiffnesses are determined by, The material stiffness invariants (U) are given as follows, 
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The membrane and bending lamination parameters are calculated, by the following integrals, 
V. Global optimisation strategy
The global optimisation strategy is shown as a flow chart in Fig. 4 . It is divided into two stages similar to that in Ref. 21 . At the first stage, the wing-box panels are optimised using lamination parameters and gradient based techniques under structural and aerodynamic constraints. The optimum thicknesses and values of the lamination parameters for each of the panels are identified. At the second stage, a GA is used to target the optimum lamination parameters to obtain the actual lay-ups for each of the skin and spar panels.
A. First level-Gradient based optimisation
At this level a non-linear constrained optimisation is carried out employing MATLAB 44 . The mathematical optimisation problem is stated as follows,
The objective function is the mass of the wing-box panels (skins and spars), the inequality constraints consist of structural constraints such as strength, buckling or practical design rules, and aerodynamic constraints (lift and induced drag). The design variables are the thicknesses and the membrane and bending lamination parameters of the skin and spar panels. Note that for every optimisation cycle at this level, an aeroelastic-steady state scheme is performed. 
Objective function
The objective function is the sum of the weight of each of the skin and spar panels that comprises the wing-box structure. Thus, (14) where n denotes the total number of wing-box panels. The expressions for the skin and spar areas are as follows,
Design variables
The design variables for each of the skin and spar panels are shown in Table 1 . As the wing-box is divided into five rib bays and each of the rib bays consists of four panels with seven design variables, the total number of design variables is 140. 
The above constraints are imposed on each of the skin and spar panels. Further details on these constraints can be found in Ref. 38 2) Strength constraints The magnitude of the strain taken by the laminate, in tension, compression and shear in x, y and xy directions, respectively, is limited by an allowable strain value. Laminate strains for the skin and spar panels are calculated employing CLT. Therefore, The laminate strength load factor is given by the ratio between the allowable and applied strain. Hence,
where T and C denote tension and compression, respectively.
The failure strength at laminate level, for both the tension and compression cases, is implemented as constraints as follows,
These constraints are applied to each of the skin and spar panels respectively.
3) Buckling constraints
Local buckling analysis is carried out in each of the wing-box panels. Each panel is assumed to be flat and simply supported at the interface with adjacent panels. The Rayleigh-Ritz (RR) method 45 is used to perform the local buckling analysis. The RR method is based on the principle of minimum potential energy. The potential energy of a system at equilibrium has an extremal value 46 . For the neutral equilibrium the potential energy due to bending ( ) 
where mn A are undeterminated coefficients.
The critical buckling load is given by the lowest value or critical factor ( ) cr λ , which is obtained by minimizing Eq. (36) with respect to the mn A coefficients. Hence,
This provides an eigenvalue problem in λ . The smallest non-zero solution is the critical factor. Therefore, the critical buckling load is given by, Once the critical buckling factor is identified, the buckling constraint is expressed as,
This constraint is applied individually to each of the skin and spar panels.
4) Practical design constraints -Percentages of ply angles
At least 10% of each ply angle should be provided 47 . The maximum and minimum percentages of the ply angles for the wing-box panels, are limited. The percentages of the 0, 90, 45, and -45 degree ply angles for each of those elements are,
The design constraints imposed for the maximum and minimum percentages of the 0, 90, 45, and -45 degree ply angles, are as follows, 
Sensitivities
Structural sensitivities are determined by the chain rule differentiation 48 as shown in Eq. (46) . This is required because the structural sensitivities are a function of the internal loads and the internal loads themselves are a function of the design variables. Design sensitivity and optimisation solution (SOL 200) of MD NASTRAN 49 and a global FE model are employed to obtain the sensitivity of the internal loads with respect to the design variables.
Sensitivities of the constraints with respect to both design variables and internal loads are calculated by the forward finite difference approximation given by,
where j X ∆ is a small perturbation times the jth design variable or internal load. A suitable perturbation step size was determined to be 0.0001 after a trial and error exercise.
Moreover, aerodynamic sensitivities are also calculated employing the chain rule. They are determined assuming that a small rotation around the leading edge produces a variation in the lift, induced drag and vertical displacements. Thus,
where j θ ∆ is a small rotational perturbation. A trial and error process was performed and a suitable step size for the perturbation was determined to be 0.05. The vertical displacements are computed at the grids in the interface with the skins, the leading and trailing edge. Note, that the second and third terms of Eq. (48) are calculated analytically and using SOL 200 in MD NASTRAN, respectively.
B. Second level-GA based optimisation
A standard GA [50] [51] is employed at this level to solve the discrete lay-up optimisation problem. The lamination parameters from the first optimisation level are targeted to obtain the actual lay-ups for the skin and spar panels. A typical GA structure consists of generation of population, evaluation, elitism, crossover, reproduction and mutation. Note that at this level the GA is applied separately to each of the wing-box panels.
Fitness function
The fitness function is expressed in terms of the square difference between the optimum and targeted lamination parameters 38 plus extra penalty terms to account for ply contiguity constraints 
where y r is the design variable vector or gene representing the laminate stacking sequence,
, are weighting factors and Θ k are the penalty functions terms to limit the number of plies of the same orientation stacked together. When more than 4 plies of the same orientation are stacked together 32 the value of Θ k is 1 otherwise it is 0.
Genes
The design variables are the thicknesses and the 0, 90, 45, and -45 degree ply angles that constitute the laminate stacking sequences for the wing-box panels. These variables are modelled as chromosomes in genes within the GA. The corresponding encoded chromosomes to ply angles are: 1, 2, 3, 4, 5, 6 and 7 for ± 45, 90 2 , 0 2 , 45, -45, 90, and 0, degrees, respectively. Figure 6 shows the modelling of the gene for a panel. The panel thickness is given by h, the encoded ply angle is θ and n corresponds to half or half plus one plies depending on whether the panel laminate is symmetric or mid-plane symmetric. Figure 6 . Gene with chromosomes for a wing-box panel.
VI. Numerical examples
A typical UAV aircraft with a swept back wing configuration is used to test the two level approach herein presented. For the flight case, which constitutes the up-bending case, it is assumed that the aircraft is flying at 5000 m, with a speed of 100 m/s, and angle of attack ( ) α of 8 degrees. The load factor is assumed to be 2.5 representing a manoeuvre case. For sizing purposes an up-bending case and a down-bending (70% of up-bending) case were considered. The airfoil used is NACA 4412. The wing has a swept back angle of 15 degrees. The wing chord and semi-span are 400 and 1200 mm, respectively. The front and rear spars are located at 20% and 80% of the wing chord, respectively. The wing-box is made of P100/AS3501 with the following properties: Firstly, the two level optimisation approach was performed with structural constraints and without aerodynamic constraints (i.e. lift and induced drag were not restricted). The structural constraints were: strength, buckling, practical design and ply contiguity constraints. At the first level, a minimum thickness for the skin and spar panels was set as 0.875 mm. The minimum percentage of each ply angle was limited to 10%. Strength constraints were applied to limit the strains in x, y and xy directions in both tension and compression to 3600µε, 3600µε, and 7200µε, respectively. 49 terms (m =n = 7) were used in the double sine series for the RR method. At the second level, a GA code was used with a population of 40, 200 generations, a 0.7 probability of crossover and a 0.05 probability of mutation as well as assuming that all weighting factors for the lamination parameters were equal to 1 and locating at least one set of ±45 degree plies at the outer surface of the laminates. Table 1 contains the total weight (wing-box, leading and trailing edge and ribs) of the wing for the continuous (W c ) and discrete (W d ) levels as well as the final lift and induced drag. Table 2 details the optimum design obtained. Figure 7 shows the displacement of the optimum wing for the up-bending case. Table 2 . Total weights, lift and induced drag for optimum design wing with structural constraints.
3.51/3.59 3151.6 181.2 Table 3 . Optimum skin and spar panels for a wing under structural constraints.
Note that the buckling load factors provided in Table 3 for the top and bottom skins correspond to the up and down bending case respectively. In case of the spars, the buckling load factors given are the lowest of the up-and down bending cases. Strength load factors for both the skin and spar panels are the lowest covering the tension and compression cases. Load factors greater than twenty are not shown. Assessing the load factors, it is clearly seen that the optimum design is driven by buckling. It is observed that some panels have high buckling load factors. This is as a result of imposing the minimum skin thickness constraint. It is also observed that the skins do not exhibit much membrane and flexural anisotropy. This is because longitudinal loads drive the buckling behaviour. Note that the spars do not require thickening. Note also that some skin panels do not satisfy completely the 10% rule and do not maintain continuity in plies with their adjacent neighbours.
Next, the two level approach was applied to carry out an optimisation with the same structural constraints as above plus aerodynamic constraints. The aerodynamic constraints imposed were to have at least 99% of the lift and to have an induced drag less than the previous optimum wing design. The lift and induced drag as well as the total weight of the continuous and discrete levels of this new optimum wing design are listed in Table 4 . The new optimum wing design obtained is shown in Table 5 . Figure 8 shows the displacement achieved by this new optimum wing design for the up-bending case. Table 5 . Optimum skin and spar panels for a wing under structural and aerodynamic constraints.
These results show a potential improvement of the wing aerodynamic performance. This performance occurs as a result of the reduction in the induced drag (approx. 1.4%) while just decreasing slightly the lift (approx. 0.5%). However, this improvement in wing performance has a weight penalty associated of approximately 18.7%. From Table 5 , it is clearly seen that the skins now exhibit membrane anisotropy and flexural anisotropy, which enables wing twist and hence reduces drag. It is observed that in the areas of the wing where buckling is the critical constraint (e.g. in the skin panels at the wing root), the content of both anisotropies decrease in the panels. However, the presence of membrane and flexural anisotropy in the wing skins increases the laminate thickness. Note that the optimum wing with just structural constraints has the skin and spar panels at the tip with minimum thickness (total of 7 plies). In contrast, the new optimum wing with structural and aerodynamic constraints contains a total of 18 plies in the skin panels from rib bays 3-5. These skin laminates are largely unbalanced to provide sufficient wing twist to reduce the drag. As previously stated, note that some skin panels do not satisfy completely the 10% rule and do not maintain continuity in plies with their adjacent neighbours. From comparing the above figures, it is clearly observed that the wing of Fig. 8 shows an additional wing twist. This twist has been generated as a consequence of the membrane anisotropy of the wing-box panels (i.e. under bending loads the top skin will shear in opposite direction to the bottom skin inducing a twist moment).
VII. Future work
Future work is planned and will include: assessing different wing configurations and structural layouts, investigating the use of response surfaces for the local panel design, evaluating different objective functions which combine weight and aerodynamic performance as well as considering lay-up continuity between adjacent panels.
VIII. Conclusions
An approach to design an aircraft wing with morphing capabilities employing aeroelastic tailoring is presented. Morphing capabilities are achieved by passive actuation, that is the aircraft wing will modify its shape to improve flight performance. In this case, maintaining an approximate constant lift while reducing the induced drag. The approach consists of an aeroelastic steady-state scheme with aero-structure coupling embedded within a global optimisation. The global optimisation is divided into two levels. At the first level, MP is used to optimise the wing under structural and aerodynamic constraints. The wing-box panels (skins and spars) are modelled using lamination parameters accounting for their membrane and flexural anisotropy. The wing-box panels are assumed to be symmetric or mid-plane symmetric laminates with 0, 90, 45 or -45 degree ply angles. Each of the wing-box panels is subjected to a combined in-plane loading under strength, buckling and practical design constraints. At the second level, the actual lay-ups of the wing-box panels are obtained using a GA, accounting for manufacture and design practices.
For the case considered, the results have shown that a potential reduction in the induced drag (approx. 1.4%) of the wing can be achieved using laminates that contain membrane anisotropy. However, this improvement has associated a structure weight penalty of approximately 18.7%.
Overall the two level optimisation approach has performed well although slow convergence has been observed when applying aerodynamic constraints. It has also been observed that the static aeroelastic scheme tend to converge slowly when laminates contained membrane anisotropy.
